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II - ATR-COOLING SYSTEMS

By Wilson B. Schramm, Vernon L. Arne, and Alfred J. Nachtigall

SUMMARY

The influence of high-altitude supersonic flight on the operation
and effectiveness of turbine-blade air- and liquid-coolling systems for
turbojet application in gulded missiles and supersonic interceptor air-
craft were investigated analytically. The turblne blades in such appli-
cations must be effectively cooled to obtain the increased engine air-
handling cepaclty, blade tip speed, and turbine-inlet gas temperature
required for adequate specific engine thrust and welght. The problems
encountered in air-cooling systems were Investigated with reference to
several specific designs for alternate heat-rejection mediums, and the
results were compared with a similar study of liquid-cooling systems
presented in a companion report of this analysis.

Results of the investigation showed that the simple, nonrefrigerated,
air-cooling system was adequete for turbine-blade cooling at £light Mach
nunbers to 2.5 at an altitude of 50,000 feet and a turbine-inlet tempera-
ture of 2040° F. Air-cooling systems with bleed aftercooling or refrig-
eration based on heat rejectlion to afterburner fuel provide a greater
mergin of safety then the simple nonrefrigerated systems, extend opera-
tion to higher permissible flight Mach numbers without basic change in
the engine, and provide the least mechanical complication and operating
problems. Where limitations cen be placed on the required crulsing
endurance, the most desirable alternste cholce for supersonic interceptor
and guided-missile engines is the fuel-cooling system using afterburner
fuel, since 1t hes minimum weight and performence penaltles and is a
relatively simple installation. The most promising applications for sir-
and liquid-cooling systems based on heat rejectlon to afterburner fuel
are for missions in which the afterburner operates contlnuously through-
out the flight, thus avoiding heat rejection to the main fuel tanks during
nonafterburning operation. Regenerative liquid-cooling systems and
regenerative alr-bleed expansion refrigeration systems are promising long-
range developments that are capable of opergtion over the desired range
of £light conditions without effecting other sircraft installations and
systems. Applicebility of turbojet engines at supersonic flight speed can
be extended with turbine-cooling systems that permit operation with
increased turbine-inlet temperature, specific mass flow, and blade tip
speed for flight Mach numbers to 2.5 at altitudes to 50,000 feet.
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INTRODUCTION

Supersonic interceptor aircraft and guided missiles that are powered
by turbojet engines may introduce turbine design requirements that will
necessitate cooling of the gas-turbine components. As explained in ref-
erence 1, increased engine thrust and minimum specific engine welght will
produce & trend towards lncreased turbine-blade tip speeds, longer turbine
blades to provide for greater air-handling capacity, and higher turbine-
Inlet temperatures. These three condlitions result in rotor-blade stresses
and blade temperatures that are beyond the capacity of the best avallable
high-temperature turbine-blade materials. A sclution to the problem is
to provide cooling to reduce the blade temperatures to a point where
avalilable turbine-blade materials will have sufficient strength to with-
stand the Increased stresses thet result from long blades and high tip
speeds in improved engine designs. Methods of ligquid-cooling turbine-
rotor blades for application in a supersonic interceptor are compared in
reference 1, and it is shown that possible disadvantages to all the sys-
tems are high heat-rejection rates due to over-cooling of the turbine
blades end the problem of ultimate heat rejection to the available heat-
rejection medivms. Supersonic flight also provides problems in the use
of air cocling of turbine blades. The reduction in blade temperature
that can be obtained with a simple alr-cooling system is limited by the
high compressor-bleed-air temperasture and ram temperature associated with
supersonic £light, although the effectiveness of the system can be aug-
mented by bleed aftercooling or refrigeration which, in turn, requires
rejection of heat. The problems encountered in either air or liquild
cooling of turbine blades at supersonic flight speeds become more severe
as the speed is increased and probably determine the wltimate limite of
application of turbojet engines. For thls reason, further studies of the
application of cooling to the turbine blades are being undertaken.

Anglytical and experimental resemrch has already been conducted on
gpplication of air-cooled turbines to typlcal production turbojet engines
to permit substltution of nonceritical low-alloy-steel turbine blades and
disks. Experimentel investigations of heat-transfer characteristics and
durebility of turbine blades coovled with air under conditions equivalent
to full-scale engine opersation ere reported in references 2 to 4.

These and other investligations demonstrated that satisfactory cooling
effectiveness could be provided with alr-cooling methods to permit the
substitution of low-alloy shells for currently used high-temperature
alloys. Additional investigations of = complete alr-cooled turbine
rotor in a turbojet engine {references 5 %to 7) have been conducted to
explore full-scale gpplication of air cooling where a complete system
for supply and control of the coolant flow must be considered. Applice-
tion of alr-cooling systems to fubture high-performance engines to permit
a8 simultaneous incresse in turbine-inlet temperature, specific mess flow,
and blede tip spezed, however, is beyond the scope of present experience.
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Therefore, predictions as to the suiltgbility of various types of alr-
cooling system for turbojet engines at supersonic flight conditions are
dependent upon enalyses extending the availsble knowledge obtained at
more conservative engine conditions.

An anglyticel investigation was conducted at the NACA Lewis lab-
oratory to evaluate the genersasl cooling characteristics of various tur-
bine air- and liquid-cooling systems and to compare the gpplicability of
air- and liquid-cooled turbojet engines. Since an evaluation of turbine
heat-transfer characteristics requires a knowledge of actual physlical
dimensions in eddition to a thermodynamic analysis, a hypothetlical fixed
engine and aircraft design specificatlion was chosen to obtain quantita-
tive comparisons, from which a subsequent general comparison of air- and
liguid~cooling systems was made.

The operating conditions imposed in the analysis were based on an
assumed supersonic interceptor flight plan over a range of flight condi-
tions to a Mach number of 2.5 at en altitude of 50,000 feet, and the
cooled turbine design analysis was made for an assumed basic engine of a
type and size appropriate for the gross weight and power loading of a
supersonic interceptor alrcraft. The baslc englne design specifica-
tionse, which represent a considerable advance In some respects over
current-production jet engines, include a sea-level specific mass flow of
23.6 pounds per second per square foot, a turbine-inlet temperasture of
2040° F, & sea-level compressor pressure ratio of 6.0, a turbine tip
speed of 1500 feet per second, a turbline diasmeter of 35.1 inches, and a
turbine hub-tip ratio of 0.732.

+ Specific objectives of this gir-cooling-system analysis were essen-
tially the same as for the liquid-cooling-systems analysis of reference 1
and are as follows:

(1) Determination of the capacity to adequately control rotor blade
temperature wlthin design limits under the specified. engine and flight
conditions ’

(2) Determination of which flight condition represents the most
critical cooling requirement

(3) Determination of the limitations imposed on rotor blade cooling
effectiveness by bleed-alr temperatures and heat-reJection mediums used
for aftercooling or refrigeration cycles

(4) Evaluation of the modificetions that could be made to the cool-
ing cycle to avold limitations imposed by the heat-rejection mediims

(5) Evaluation of thé thermodynamic possibilities for completely
self-contained,~regenerative, air-cooling systems independent of engine
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installation and auxiliary systems and rejecting heat to the main-engine .
working £luld at compressor-outlet conditions.

In this analysis no conslderation was glven to cooling of the stator
blades. - .

DESCRIPTION COF AIR-COOLING SYSTEMS INVESTIGATED

8GL2

In all the air-coolling systems considered 1n this anslysis, the
cooling alr is bled from the maln-engine compressor at outlet conditions
and, after cooling the turbine blade, the air is discharged into the
main-turbine exhsust from the blade tip. The use of alr at the
compresgsor-outlet pressure is not necessarily required because of a neéd
of high-pressure drop in the cooling system, but may be dictated by the
compressor configuration. If sufficiently high blade tip speeds are used
in the compressor design, it becomes posslble to achieve the desired
pressure ratio in a single compressor stage, thus making it impossible
to obtain bleed air for cooling at an intermediate pressure. The high
compressor-outlet temperature encountered at high £light Mach number,
even with moderate compressor pressure ratloc, may seriously limit the
effectiveness of an alr-cooling system unless means are provided for
aftercooling or refrigeration of the cooling air before introduction into .
the turbine. Although different in function, heat rejection with air-
cooling systems presents the seme problems as with ligquid-cooling systems
(reference 1) and, therefore, special adaptations are required to meet
conditions found in different engine installations. '

i

Simple Air-Cooling System

In the simple air-cooling system (fig. 1), & small smount of cooling
gir is bled from the main-engine compressor at outlet conditions and
introduced into the turbine-rotor disk at a point near the shaft axis.

The coolant is then pumped out through the hollow disk passages and blsades
end is discharged from the blade tips. The cooling alr then mixes with
the main-engine gas flow and passes into the Jet nozzle where it con-
tributes to the engine thrust. The coolant temperature entering the blade
base 1is equal to the main-engine compressor-ocutlet tempersture plus
allowances for heat transfer and additionsal compression as the coolant
passes through the disks. The coolant flow 1ls regulated by a throttling
velve in the bleed line. - -

The simple air-cooling system appears to represent the minimum
mechanical complication in the engine instaellation since the bleed-air
line and control valve comprise the only additional equipment. The sys-
tem is independent of the heat-rejectlon problems outlined for the liquid-
cooling systems in reference 1, although, &@s the compresser-outlet
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temperature approaches the desired turbine-blade temperature under
unusual atmospheric conditions or high flight Mach number, excessive
coolant-flow requirements may be encountered or the reliability of the
turbine compromised through over-temperature operation. A disadvantage
of the simple system is, therefore, that coolent temperature, which is
equally as important as coolent flow, 1s left to chence and subject to
rendom £light and atmospheric variations. Addition of bleed aftercooling
or refrigeration systems is therefore essentlal to extend the flight Mach
number capabilities of the turbojet engine, to minimize the coolant-flow
requirements, and to provide protectlon sgainst inadvertent over-
temperature operation.

Bleed with Water Injection

A method of bleed aftercooling that can be incorporated in the simple
alr-cooling system illustrated in figure 1 with little mechanical com-
plication is water injection into the coolant downstreem of the throt-
tling valve. Injection of & relatively small quantity of water at this
point in the system accomplishes a considergble reduction in ailr temper-
ature up to the point of saturation of the alr and, if desired, excess
water can be entrained in the air for subsequent evaporation within the
blade coolant passage. Appllcation of thils system 1s dependent upon the
filight duration since the water carried by the alrcraft for this purpose
is lost throughout the mission.

Bleed-~Aftercooling System

A bleed-aftercooling system with heat rejection to afterburner fuel.
is illustrated in flgure 2(2). The simple air-cooling system in figure 1
was modlfied by addition of an aftercooler in the bleed line upstream of
the throttle valve; 'in the aftercooler the coolant temperature is reduced
to a specifled value by hesat rejection to the afterburner fuel as it is
drewn from the fuel tanks. The coolant temperature reduction 1s deter-
mined by the size and the effectiveness of the heat exchanger and the
fuel temperature, since ample heat capacity is avallegble in the after-
burner fuel flow with the heat-rejection rates in this case being con-
siderably smaller than in the fuel-cooled turbine applications (refer-
ence 1). The aftercooling requiréments for nonafterburning engine opera-
tlon are provided by recirculating fuel to the fuel tanks, as previously
described in reference 1 for the fuel-cooled turbine except thet the con-
ditions are less severe. A bleed-aftercooling system with heat rejection
to ram air 1s an alternate method for considerstion, but was not investi-
gated In this enalysis because of the undesirable ram-air inlet ducting
and exhaust disposal problem in & nacelle engline Iinstallation. As with
the water-cooling system (reference 1), large amounts of air from engine-
inlet boundary-layer-removel slots may be availeble in a fuselage engine
installation that would serve for bleed afterccoling.

pr- =
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Alr-Bleed Expansion Refrigeration Systems

A consldersble pressure difference may exist between the compressor
hleed point and the point of introduction of the coolant into the turbine
rotor, if it ls assumed that it is undesirable or impossible to bleed the
compressor at en intermediate point because of its configuration. A
further temperature drop can therefore be obtalned by replacing the
throttling velve with an expansion turbine. An expansion refrigersation
system for bleed aftercooling is illustrated in figure 2(b), where an
auxiliary expansion turbine is placed.in the bleed line following the
aftercooler. The pressure ratio across this turbine is generally sbout
the same as that across the main turbine. The work produced by the
expansion turbine as a part of the refrigeration process must be absorbed
in some menner end is availlsble for operation of other accessories such
as afterburner fuel pumps or possibly for pumping of afterburner-shroud
cooling air. An Increased expanslon ratio acroes the refrigeration tur-
bine can be achieved in the system illustrated in figure 2(c), where the
power of the suxllisry turbine is used to drive an auxiliary compressor
in series and ehead of the aftercooler. This modification represents en
additional complication, but increases,the refrigerating capaclty of the
auxilisry turbine. The galn relative to the system illustrated in fig-
ure 2(b) is dependent upon the effectiveness of the aftercooler. The
bleed aftercooling and expansion refrigeretion systems illustrated so
far utilize the afterburner fuel and complicate the engine installation
because they both depend upon and influence the plumbing of the after-
burner fuel system. The arrangement illustrated in figure 2(c) can be
modified, however, to avoid this limitation and provide as well for
nonafterburning turbojet engines where no readily availsble heat-
rejection medium such as the afterburner fuel flow is availsble.

Regenerative Air-Bleed Expension Refrigeration System

The regenerative expansion refrigeration system is illustrated in
figure 2(d), where the aftercooler between the auxiliary compressor and
expanslon turbine is relocated at the discharge of the main-engine com-
pressor. In this system the cooling air hled at compressor-outlet tem-
verature is compressed further in the auxllisry compressor in order to
increase the temperature to a polnt where h?at can be rejected back to
the main-engine working fluld. The cooling air emerges from the after-
cooler et a temperature somewhat higher than main compressor-outlet tem-
perature but at a conslderably higher pressure. It is then possible to
refrigerate the cooling air by expension through the auxiliary turbine.

Thus, an appropriate arrangement of the auxiliary components of the
bleed aftercooling and refrigeration system can be made that results in
a self-contained or "package" installatiom for the air-cooled engine if
the design conditions imposed in the interceptor-aircraft engine applica-
tion warrant the additional refinement. ~ ) ’

NPT AT vk,
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ANATLYTICAL METHODS FOR EVALUATING ATR-COOLING SYSTEMS

The general analybticel procedure followed is similar to that pre-
sented in references 8 and 9, where the turbine configuration and the
engine operating conditions over a range of altitude and £flight speed are
used to define the heat-transfer rates, the coolant temperature, the
required coolant flow, and the blade temperature, which are the most
essential factors in the evalustion.

Design Criterions

Compressor-bleed air is less effective than liquids for turbine-
blade cooling, and applicatlion under the conditions encountered in
the interceptor-aircraft mission of this analysis illustrates the
severe specifications that must bhe fulfilled. Because the cooling
air is taken from the main-engine working fluid and passed only once
through the turbine-blade coolant passage, all possible effective
steps are generally tasken to minimize the coolant-flow rate. The two
most significant varlgbles are the coolant flow and the coolant tempera-
ture. The characteristic behavior of air cooling is thabt the greatest
blade tempersture reduction is achieved with the first increments in
coolant flow, with rapld onset of diminishing returns. The addition of
extended internal heagt-transfer surfaces in a blade tends to reduce the
general level of coolant flow required, but the diminishing-returns
characteristic becomes more pronounced. It is largely as a result of
this behavior that coolant tempersture becomes so significant since, with
a specified blede temperature and high coolant temperature, the point of
diminishing returns can easily be exceeded and even extreme coolant-flow
rates will not adequately control blade temperature. Under these cir-
cumstances, regardless of coolant-flow rate, there can be no margin of
safety in the design. Two alternatives remain open to circumvent this
limitation as design conditions become more severe. The first is a major
redesign of the blade configuratlion to further increase the general level
of cooling effectiveness; the second is to introduce special methods for
control of coolant temperature. The first spproach may lead to costly
new development and fabrication problems in any given engine since the
entlre turbine design may be affected. The second gpproach permits
retention of & fully developed alr-cooled turbine-rotor design and con-
fines the new developments to external components that can be isolated
from the main engine..

The first design criterion usually considered in an air-cooling sys-
tem is the permissible coolant-flow rate. For nonafterburning turbojet
engines of the type and size considered in this analysls, a coolant flow
of spproximately 2 to 3 percent of the main-engine mass flow would be
considered reasonable since the apprecisble gein in engine thrust result-
ing from high turbine-inlet tempersture would not be greatly affected by

SRR AT >
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the cooling losses. Cycle analysis of ailr-cooled afterburning engines
of the type and size consldered in this analysis Indicates that the cool-
ing losses are negligible, and consequently the coolant-flow rate for
afterburning engines does not appear to be a critical criterion from the
standpoint of over-all engline performance.

Many other factors, however, necessitate minimum coolant-flow rates
and are intimetely relsted to detalled engine design problems. The '
pressure drops assoclated with high coolant-flow rates mey exceed the
capablilities of the bleed system at some portion of the ailrcraft mission.
The facilities required for introduction of the coolant into the rotor
may be simplified where smaell volume flow is required. In addltion,
very little is known about the influence of coolant discharge on the
serodynamic losses of the blading. With this perspective in mind, +the
principal deslgn criterions for air cooling resolve into & balance )
between over-all blade cooling effectiveness, dlminilshing-returns char-
acteristics, and control of coolant temperature. In the presence of
diminishing returns, control of coolant temperature becomes a major
factor in achieving a margin of safety in the blade. The best over-all
criterion for an air-cooling system 1s the margin of safety and the
ability of the system to eccommodate increasingly severe design condi-
tions. A system operating under marginal conditions would be considered
less desirable for extensive resesrch and development.

Since the essentlal systems for aftercooling end refrigeration of the
blade cooling air previously described all involve rejection of heat, an
additional criterion is the abllity of the system to functlon wilth what-
ever heat-rejection mediums are avallable, elther ram air, afterburner
fuel, or the main-engine working fluid. Secondasry design criterions of
the bleed aftercooling and refrigeration systems are the probable weight
and degree of mechanical complication. The manner in which these factors
are related 1n evaluating air-cooling systems is indicated in subsequent
sectlons.

In order to evaluate air-cooling systems analytically, it 1s first
necessary to determine the varigtion of blade-profile hest-transfer coef-
ficients over the range of altitude and flight speed in the same manner
as for liguld cooling (reference 1), and with an esteblished coolant
pessage configuration it is necessary to determine the relations between
blade cooling effectiveness and the coolant-flow rate for the particular
engine operating conditions of interest. Then, with consideration of the
coolant hleed temperatures, the strength properties of the blade material,
and the stresses encountered, 1t 1s posslble to evaluate a regulred coocl-
ent flow. Further analysis can then be made of the balance between =~
coolant-flow rate, coolant temperature, end the margin of safety at crit-
ical points in the flight plan, with consideration of known endurance
characteristics of air-cooled blade configuratlions. Where the genersal
analysis indicates that bleed aftercooling or refrigeration is necessary,

S
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additional cycle calculations may be made to determine the reductions in
coolant temperature availasble through special adaptations of the system
end, where possible, the probable sizes and welights. The lLimitations
encountered in rejecting heat from coolant refrigeration systems are
similar to those previously described for liguid-cooling systems (refer-
ence 1), except that special consideration is given in this analysis to
epplication of expansion refrigeration units rejecting heat to the
afterburner fuel or the main-engine working fluid.

Equation for Average Blade Temperature

A one-dimensional solution of the spanwise temperature distribution
in a turbine blade is given in reference 10. The equation Iin reduced
form is as follows:

( 1 Holob x
- “\I¥A ¢, gWg b
Tg,e = Tp 1 °p,a’a
® =5 “TFA° (1)
g;¢e &,e,h
where
® temperature-difference ratio
Tg average blade temperature
a,e,h cooling-alr temperature at blade root
~o ol
Bely
x/b position where ?B is obtained in terms of span (% = %-herein)

Reference 10 indicates that the two terms omitted from the original com-
plete equation to get the form given sbove are of minor importance.

Inasmuch as the cslculations were made for the critical spanwise station,
x/b = 1/3, and the blade geometry remained fixed, the significent peram-
eters affecting the ratio @ were the gas-to-blade coefficient Hy (as

calculated in reference 1) and the coolant weight flow wy, which also

determined the effective blade-to-coolant coefficient for an extended )
heat-transfer surface Hp as explained in reference 11 and the following

gectlion.



10 CONPEDENT AR NACA RM E52J30

Gas-to-Blade and Blade-to-Coolant Heat-Transfer Coefficients

Both gas-to-blade and blade~to-coolant coefficients were required to
obtain the required coolant-flow rates. The gas-to-blade coefficlents
were determined in exactly the same manner as described in reference 1.

The heat-transfer correlation equation used for evaluating the
average convectlive blade-to-cooclant hest-transfer coefflcient Hi,B can

be obtained from equation (90) of appendix F of reference 12 and is, in °
the present notation,

k
0.8 a,B
Hyp= O.OlQ(Rea,B) (-5—) (2)
where
waD Tg
Re = —— — (3)
&,B Mlg pe T

The fluid properties in equations (2) and (3) are based on the blade wall
tempersature because it is shown in reference 13 that, for alr flowing in
& smooth round tube and for the range of wall and air temperstures nor-
mally encountered In alr-cooled turbine blades, a satisfactory correlation
is obtained for average inside heat-transfer coefficlents when the fluid
properties are based on wall temperatures.

The method for obtalning the effective heat-transfer coefficlent
Hy for a finned or corrugated type of surface when the convective coef-

ficlent Hi,B is known is given in reference 11.

Method for Obtaining Required Coolant Flow

The critical cross section of an air-cooled blade generally occurs
in the region from one thlrd to one half of the span from the root. That
is, failure is more likely to occur in thils region because the combina-
tion of stress and temperature tends to meke the blade weakest at this
section. The one-third-span station was selected as representative of
the criltilesl section for this anelysis, and all blade temperature calcu-
letlons were therefore made for this stationm.

A relation between blade strength and blade temperature can be
obtained from the centrifugel stresses acting on the blade, the stress-
rupture relation between stress end temperature for the material, and the
stress-ratio factor, which is explained in references 4 and 11 and
defined as the ratio of the integrated allowsble strength to the

CONF IDENTTAL,W»
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centrifugel stress. The stress-ratio factor 1s always chosen greater
than 1 because the deslgn Integrated allowable stress of the blade must
be greater than the centrifugel stress in order to make sllowance for
unknown thermsl snd vibratory stresses which cannot be evaluated accu-~
rately. Evalustion of the proper stress-ratio factor is dependent upon
endurance tests of a particular blade in an engine. The method of eval-
uation and the experimental values of stress-ratio factor for an air-
ccoled blede with extended internal heat-transfer surface are given in
reference 4. The stress-ratio factor obtalned for a glven blede and
operating condition depends upon the blade temperature and therefore the
cooling-air flow rate. On the basis of the results of reference 4, a
design stress-ratio factor of 1.9 was chosen for most of the air-~cooling
anaglysis of this investigation.

The ellowable average blade temperature can be determined by using
the stress-rupture properties of the blade material and the calculasted
metal strength required, based on the centrifugal stress and the stress-
ratio factor. The coolant flow required to cbtaln the sllowable average
blade temperature can be calculated by the procedure explained in the
section Equatlon for Average Blade Temperature, which gives the relation
between coolant flow and blade temperature for a given blade-coolant-
passage configuration and for gliven values of effective gas tempersture,
outside heat-transfer coefficlent, and cooling-air temperature.

Aftercooler Size Determination

Because no data were availsble on the characteristics of fuel-to-air
heat exchangers and, since the heat-transfer properties of fuel and
ethylene glycol are similar, the data for ethylene-glycol radiators were
used to estimate the size and pressure drop of the cooling-alr after-
coolers. The results represent first approximations only end.are pre-
sented to indicate the order of magnitude of the aftercooler requirements.

The aftercooler characteristics can be obtained from a curve such as
in figure 3, in which the heat-transfer rate in Btu/(sec)(sq ft of frontal
area) per 100° F tempersture difference between mean coolant end entering-
air temperature and the corrected static-pressure drop through the core
O58ps.g are glven for core lengths of 9 and 12 inches.

With the cooling-sir flow rate and the desired cooling-alr tempera-
ture reduction known, the approximste aftercooler size and pressure drop
were estimated in the following manner: The face, or frontal area of the
aftercooler, must Pirst be assumed and then the core length is estimated
by extrapolation or interpolation from the lines for 9- and 12-inch core
lengths. The static-pressure drop of the air through the core is obtained
by dividing the corrected pressure drop osAPs_g DY the correction factor

i - =Y
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05, which is defined as the ratio of the density at the coocler entrance
to the standaxrd sea-~level density.

Cooling-Air Refrigeration by Water Injection

The temperature of the cooling air can be reduced to its saturation
temperature by injecting water into the cooling-air duect. The satura-~
tion temperature of the cooling air at the various £1light conditions and
the water-alr ratlo requlred can be determined from a psychometric chart
given in reference l4.

Calculation Methods for Refriligersting Cooling-Air
Systems Using Auxiliary Components .

As described previously, in the sectlon DESCRIPTION OF ATR-COOLING
SYSTEMS INVESTIGATED, systems for refrigerating the cooling alr were
explored in which firet an aftercocler and an expansion turbine were
used and second an auxiliary compressor, an aftercooler, and an expansion
turbine were used. In the first case, the pressure drop across the
aftercooler was neglected and the expansion occurred from compressor-
outlet pressure to required cooling-air preédsure at the engine turbine
hub, which was assumed to be equel to the engine turbine-outlet pressure
The enthalpy drop across the auxiliary turbine is then

Yol

Ya

Pa,8
(An)7_g = Wep,a,7Ta,7 (- - <?ﬁ‘~) (4)
\T8,7

where Tg ,7 is in °R. From this enthalpy drop and the temperature at

the aftercooler outlet, the cooling-air temperature drop across the
expansion turbine and the cooling-air supply temperature to the engine
turbine are readily calculated. _

If the power obtained from the auxilisry turbine is used to drive an
auxiliary compressor (see fig. 2(c)), the enthalpy rise in the auxiliary
compressor is equel to the enthalpy drop across the turbine. Or

Y1
c 3Ta,3 | [Ph,4\ Te
(0g)5.g = (Gng)g.g = B2 (Ft) Te g (5)

Mle a,3

9612 | |
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The temperature at the inlet to the auxiliary turbine can be obtained on
the basis of equations (4) and (5), and the resulting equation is

Ya'l
. —_—
(Pazé> Ya _ 4
1 1
Ui = cp’aJSTa)s Pa’3 (6)
a,’
Yot
P, . Ta
- 8,8
°p,a,7|* (p' ) Nele
8,7

Inasmuch as it was assumed that no pressure drop occurred across the
aftercooler, pé,4 equals pé,7. For glven auxillery compressor-inlet

conditions pé,s and Té,s and given cooling-air supply pressure pé,g
(pé’g = pé,e), equation (6) can be solved for the auxiliary turbine-inlet
temperatures as the pressure ratio pé,é/ré,3 across the auxiliary com-

Ppressor is varied. The aftercooler must then provide the required amount

of temperature reduction (Ta,s - Ta,s) = (Ta,4 - Ta,7) in order to give

the required auxiliary turbine-inlet tempersture; or, in other words,
after the pressure ratio of the auxiliary compressor and thus the aux-
iliary turbine-inlet temperature are established, the cooler size and
capacity requirements are also established. After the auxiliary turbine-
iniet tempersature is known, the enthalpy drop across the suxiliary tur-
bine is calculated from equation (4) and then the coolant-supply temper-
ature can be calculated.

If the aftercooler size and capaclty are specified, for given values
of auxilisry compressor-inlet conditions, bleed-air-flow rate, aftercooler
coolant temperature, and auxilisry turbine-outlet pressure, the auxiliary
compressor, aftercooler, auxiliary turbine system balances out to the
extent that only one auxiliary compressor pressure ratio can be used.
Thus, there 1s one fixed cooling-air supply temperature for the condition
of a given aftercooler size and capacity.

ENGINE DESIGN OPERATING CONDITIONS

The flight conditions, the basic engine specification, the aircraft
specifications, the turblne specifications, the assumptions used in the
air-cooled-systems evaluations, and the engine operating conditions for
this investigation are summarized in tables I and II. The turbojet
engine considered was designed to drive a twin-engine supersonic inter-
ceptor elrcraft over a range of Mach numbers from O to 2.5 with primary
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emphasis given to a combat Mach number of 1.8 at an altitude of

50,000 feet and sufficient engine power for a 2g maneuver at these con-
ditions. The details of the flight plan and the engine specifications
and requirements are glven in reference 1.

The detall specifications of the turbine sre given in teble I, and
the air-cooled turbine-blade midspen configuration used in this analysis
is shown in figure 4. This blade was not designed specifically for the
turbine used in this anelysis, but based on the required velocity dlagram
for driving the compressor it was found that such & blade would approxi-
mately fulfill the design conditions. The blade 1s the same as config-
uration H, profile 2, in reference 11. The spanwise distribution of cen-
trifugal stress is shown in figure 5 for this blade for an ares ratio of
0.5. Area ratio 1s defined as the ratio of metal cross-sectional area
at the tip to the metal cross-sectional area at the root. At the one-
third-span position the centrifugel stress is 33,500 pounds per square
inch as compared with spproximetely 23,500 pounds per square inch in the
J33 turbine used for the experimentsl investigstions of referencea 2 to
7. The gstress at the blade root is 44,500 pounds per squere inch.

CALCULATION PROCEDURE

In order to eveluate the air-cooling systems, the methods of analysis
described in the section ANALYTICAL METHODS FOR EVALUATING AIR-COOLING
SYSTEMS were epplied first to evaluate the range of coolant-passage heat-
transfer coefficients obtalngble with the extended internal heat-transfer
surfaces illustrated in filgure 4 for the air-cooled blade selected for
tThe basic engine. Both average inside hest-transfer coefficients and the
average effectlve coefficlents of the equivalent finned surfaces were
calculated with the use of equation (2) and reference 11 for & range of

coolant flows to a&bout 3% percent of the engine mass flow at sea~level

static conditions.

In order to determine the characteristics of the nonrefrigersted
system with dlrect compressor-bleed air, calculations were made over the
range of flight conditions from sea-level static to a Mach numwber of 2.5
at an altitude of 50,000 feet. Requlred coolant-flow ratlios were deter-
mined for a stress-ratio factor of 1.9, as explained in the section
Method for Obtaining Required Coolant Flow, and for allowgble blade tem-
peratures based upon the 100-hour stress-rupture properties of the high-
temperature alloy S5-816. In all the air-cooling calculations with the
nonrefrlgerated system, the temperature of the cooling air entering the
blade base was taken as that at compressor-outlet plus an allowance of
60° F for the temperature rise from the hub of the rotor disk out to the
blade base. The operating conditions and specifications for this part of
the analysis are given in tebles I and IT.
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The influence of the design stress-ratio factor on the required
coolant flow was Investigated over a range of stress-ratio factor from
1.35 to 2.35 at the combat conditions of Mach number 1.8 and altitude of
50,000 feet to determine the sensitivity of the design and the probable
mergin of safety that could be provided within the desired range of
coolant flow for thils particular blade configuration. Larger stress-
ratio factors will provide a greater margin of safety in a blade design;
therefore, the purpose of this calculation was to evaluate whether the
design stress-ratio factor could be Increased to meet more severe
requirements. If the stress-ratio-factor increase obtaingble at higher
coolant flow was inadequate, it would indicate that the point of dimin-
ishing returns had been exceeded and that an alternate blade configura-
tion should be considered.

An additionsl question that always arises in cooled-turbine design
is the number and the size of rotor blades to perform the required work
with minimum cooling losses. It would be expected, for & given size of
blade, that a low-solidity rotor would have lower cooling requirements
because of the reduced number of blades and heat-transfer area, although
it might become difficult to obtain the required work efficiently. Cal-
culations were made at the combat Mach number of 1.8 and altitude of
50,000 feet to determine the variation in required design coolant flow,
with consideration given to the changes in profile heat-transfer coeffi-
cients and coolant-flow areas over a range of blade chord and solidity
that result in a minimum of 50 and e maximum of 150 blades on the rotor.
All other conditions remained the same as those given in tables I and IT
for the nonrefrigerated system.

In order to investigate the Influence of coolant temperature on
coolant-flow requirements, the coolant temperature was varied from 700°
to 100° F for the combat flight conditions. All other conditions remained
the same as In tgbles I and IT for the nonrefrigerated system. An addi-
tional design criterion investigated was the influence of coolant tem-
perature reduction on the stress-ratio factor of this particulesr blade
configuration in order to evaluate the margin of safety that could be
realized in this menner through application of bleed aftercooling or

refrigeration.

The effectiveness of verious methods for reducing the coolant-supply
temperature to the rotor was investigated by means of the procedures pre-
viously outlined. The heat-transfer characteristics of a system using
water injection into the cooling air were determined for the take-off,
clinmb, and combat portions of the mission to evaluate the water-to-air
ratios, the weight of water required for each phase of the mission, and
the Influence of water Injection on the required gmount of compressor-
bleed air. In each instance, the compressor-bleed air was reduced to the
saturation temperature for the pressure level that prevalled, and the
total welght of water required for the flight was evaluated as a design

NN
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criterion for comparison with the welght of a bleed aftercooler with heat
rejection to fuel that achieves the same temperature reduction. In the
latter case, for the system illustrated in figure 2(a), the pertinent
design criterions such as heat-rejection rates and fuel temperature rise
were evaluated over the range of f£flight conditions from sea-level static
to the combat Mach number and altitude so that a critical design point
could be selected. The size and weight of the aftercooler was then
evaluated and lts performance at other significant points in the mission
checked. : b

The cheracteristics of expansion refrigerstion air-cooling systems
were investigated at the combat Mech number and altitude for a f£ixed
coolant~-supply pressure to the turbine-rotor hub and a range of
aftercooler-outlet temperatures from 100° to 900° ¥. The aftercooler-
outlet temperature was used as the design criterion becasuse of its
significance when the hegt-rejection medium available is considered and
also because it dictates the auxiliary pressure ratio of the refrigera-
tion cycle when the auxiliery compressor and the auxiliary turbine are
coupled. Insufficient data prevented evaluation of the welghts of these
systems. :

RESULTS AND DISCUSSION
Coolant Passage Heat-Trensfer Coefficients

The cooclant-passage hest-transfer coefficients obtainable with air
for the blade confliguration illustrated in figure 4 are given 1n figure 6
for a blade temperature of 1210° F and an average coolant temperature of

800° F for & range of coolant flows to sbout 3% percent of the engine mess

flow at sea-~-level static condltions. The alr-cooled blade considered in
this anslysls is a thin hollow shell fitted with a corrugated-fin Insert
that confines the coolant flow to the passages near the shell and aug-
ments the internal heat-transfer surface. The lower line gives the aver-
age convective coefficlent from metal to alr based on a heat-transfer
correlation in which the fluild properties are eveluated at the passage
wall temperature, as explained in the section Gas-to-Blade and Blede-to-
Coolant Heat-Transfer Coefficients. The upper line gives the effective

heat-transfer coefficient over the inslde surfece of the blade shell that

results from the heat transferred through the equivalent finned surfaces
provided by the corrugated-fin insert and the heat transferred directly
from the inner surface of the shell. The effective coefficient repre-
sents the design values used in the engine analysis. At a coolant flow
per blade of 0.05 pound per second, which would be typlcal for the engine
considered, the convective heat-transfer coefficient is

77 Btu/(hr)(sq £t)(°F), but the addition of internel surface provides en
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effective coefficlent of about 225 Btu/(hr)(sq £t)(CF). The effective-
ness of the fins is influenced by the temperature drop along the econduc-
tion path and is dependent upon the proportions of thickness and spacing
and the thermal conductivity of the fin meterial. For ldeal conditions,
the ratio of effective to convective coefficlent would be equal to the
ratio of total heat-transfer surface area to inside shell area. The
percentage increase in effectiveness due to the fins for ideal conduction
would be about 252 percent; whereas, for the range of coolant flows con-
sidered in this analysis, the actual increase for this particular design
1s 225 percent at a coolant flow per blade of 0.01l5 pound pér second and
170 percent at & coolant flow per blade of 0.08 pound per second. Thus
the effectiveness of the corrugated-fin-insert design used in this
analysis 1s high in the desired range of coolant weight flows.

Nonrefrigerated Air-Cooling-System Characteristics

The simple air-cooling system illustrated in figure 1 uses bleed air
taken directly from the compressor outlet and discharged from the tip of
the blade. The cooling-alr temperature at the blade base was taken as
80° F higher than the coolant-supply temperature for all conditions.

This value was based on experience with full-scale Jjet-engine
installations.

Coolant-flow requirements. - The results of the analysis of the
nonrefrigerated system are summarized In tgble III. The coolant temper-
ature at the blade base varies from a minimum velue of 465° F at a Mach
number of 0.8 and an altitude of 35,000 feet to a maximum value of 862° F
at 50,000 feet and a level flight Mach number of 2.5. The allowable
blade tempersture at one-third span, based on 100-hour stress-rupture
properties of S-816 and & stress-ratio factor of 1.9, is 1210° F. The
required coolent-flow ratio to maintain the desired stress-ratio factor
at all f£flight conditlons varies from 0.0182 to 0.0425, depending on the
variation of outside and inside heat-transfer coefficients and the
coolant temperature at the blade base with flight Mach number and alti-
tude. As a result of the higher design blade temperature encountered in
alr cooling, the outside heat-transfer coefficlent is less than with
liquid coolants. At the combat Mach number and altitude, the outside
heat-transfer coefficient is 116.6 Btu/(hr)(sq £t)(°F) as compared with
128 Btu/(hr)(sq £t)}(°F) for the water-cooled turbine in reference 1. As
a result of the lower heat-transfer coefficient and the smaller differ-
ence between gas and blade temperature, the ratio of heat transfer to
turbine work for the air-cooled blade at combat conditions is reduced to
0.0248 as compared with 0.0554 for the water-cooled turbine (reference 1).

From table III it is evident from the required coclant-flow ratio
that the critical operating condition for the nonrefrigerated air-cooling
system occurs at a Mach number of 2.5 and an altitude of 50,000 feet.
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The required coolant-flow ratio for the design point at combat Msch num-
ber of 1.8 and altitude of 50,000 feet and for a stress-ratio factor of

1.9 appears reasonsble. The influence of the 2% percent compressor bleed

on over-8ll engine performance is small for an afterburning engine. For
a nonafterburning engine, the loss in thrust relative to an uncooled

engine would be gpproximately Z% percent and the increase in specific fuel

consumption would be negligible for the conditions of this aenalysis. At
the maximm flight Mech number, the cooclant-flow ratio of 0.0425 can
probably be tolerated for most epplicsations.

A question of interest in conmection with determining minimum
coolant-£flow requlrements, as in the analysis summarized in teble III, is
the influence of rotor-blade solidity eand chord length on the number of
blades in the rotor and the total coolant-flow requirements. Current-
production engines of the approximate silze considered in this analysis
commonly have 100 or more rotor blades in a stage with relatively short
blade chords. Because of the distribution of the local heat-transfer
coefficlents ercund the blade, the sverage heat-transfer coefficient of
short-chord blades tends to be higher than large-chord blades. In
addition, for a given size blade, the surface srea and total coolant-
passage area vary directly as the number of blades on the rotor. The
combined effect of variation in rotor solidity and blede chord length is
1llustrated in figure 7, which shows clearly the reason for the large
chord and relatively low solidity of the 58-blade turbine used throughout
this anslysis. The relative coolent-flow ratic is given as a function of
the number of rotqr blades with chord and solidilty es parameters. If the
chord length is held constant and the rotor solidity increased, the
coolant-flow requirement increases very rapidly. If the solidity is held
constant and the number of blades increased simply by using a short-chord
blade, the coolant-flow requirement may become 40 percent greater than
the basic 58-blade turbine used in the analysis. The design of cooled
turbines with a large number of small blades therefore results in
unnecessary penalties in coolant-flow requirements, and consldergble
gains can be mede with designs such as the basic turbine provided that
aerodynamic limitations are not exceeded with consequent loss of turbine
efficiency. Little further gain could be made in the coolant-flow
requirements indicated in table III by adjusting blade chord and rotor
solidity because the aspect ratio of the blade 1s already reduced to
about 2 and the number of blades reduced considerebly below present prac-
tice. The aerodynamic limits of such configurations are not well estab-
lished, but it is believed that for the engine design considered herein
the 58-~blade turbine is close to the practical limit. -

The characteristics of the nonrefrigerated system given in table III

represent only & reference polnt because additional calculations are
requlred to evaluate the over-all sultability and probable margin of

+ 8SLE,
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safety in the design. A minimum design stress-ratlo factor of 1.9 at the
one-third-span positlon was selected as a reference value on the basis of
experimental investigations in a turbine of simllar hub-tip ratio; it is
believed to be adequate following extensive development of a blade con-
figuration to provide uniform cooling and relisble structural features
such as tgper ratio, fillets, and uniform brazing and welding. In prac-
tice, the design stress-ratio factor must be evaluated from experience
with each particular engine and blade configuration since the influence
of gas pending loads, thermal stresses, twisting moments, and vibratory
stresses vary considerebly. In the present evaluation the stress-ratio
factor at the one-third-span position was considered because past expe-
rience has indicated thet the blade is most likely to fail at that posi-
tion. It may be possible that as the general stress level of the entire
blade is raised the critical section of the blade may be nearer to the
root; for example, the maximum obtalnable stress-ratlio factor at the
blade root for the blade considered in this report is 1.9. The minimum
alloweble stress-ratlo factor in this region of the blade is unknown
because experimental dsta are not availeble for air-cooled blades operat-
ing at the stress level considered hereln. In additlon, the stress-ratio
factor is based on rupture properties of the material, which may not be
significant in the failures encountered in a particular case. An exam-
ple of this would be the occurrence of severe vibrations near the tip of
the blade, In which case increasing the deslgn stress-ratio factor at
the one-third span would have doubtful value. 4An insight into the sen-
sitivity of the particular blade design can be gained, however, by con-
sildering a range of design stress-ratio factor at the one-third-span
position.

Influence.of design stress-ratio factor on coolant flow. - The varia-
tion of required coolent-flow ratio with design stress-ratio factor at
the one-third span 1s given in figure 8 for combat Mach number and alti-
tude. It can be noted that it is practically impossible to achieve a
stress-ratio factor of 2.5 by increasing the coolant-flow ratio. There
are two factors which affect the maximum obtainsgble stress-ratio factor:
(1) The stresses in the blade are such that, even if the blade metal
temperature were reduced to 100" F, the stress-ratio factor at the one-
third-span position would only be 2.6; (2) a point of diminishing returns
is obtained with air cooling so that even very large quantities of
cooling-air flow have only & small effect on reducing the blade tempera-
ture. Since the blade teper ratio is already very favorsble for an air-
cooled blade, there is little prospect for structural modifications to
prermit any increase in the meximum obtaineble stress-ratio factor; how-
ever, the maximum stress-ratio factor is of little lmportance so long as
the design stress-ratio factor is adequate for safe operation.

Decreases in the coolant flow below the design value of 0.0245 have
a very marked effect on stress-ratio factor. It is therefore possible
that random veriations in engine operation or inadvertent over-temperature
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operation could eppreciably decrease the margin of safety for the blade.
Consequently, it may be advisable for such designs to operate normelly
&t a somewhat higher coolant-flow ratio as an added factor of safety. -

The nonrefrigerated system of alr cooling appears to be adequate ——
for the conditions considered in this report, and the system is desirable
because of its light weight and mechanical simplicity. In order to con-
slder methods of cooling that would have a greater margin of safety, or
systems that might be required for applications where stronger cooling
is required, the characteristics of refrigerated air-cooling systems were
considered.

2758

Refrigerated-Air-Cooling-System Characteristics

Two possibllities exist to lmprove the margin of safety in an air-
cooled turbine: The first is substitution of an lmproved blade config-
uretion, such as the strut-blade design dlscussed in references 15 and .
16, which cen tolerate higher coolent temperatures; the second is to
apply bleed aftercooling or refrigeration to reduce coolent temperature,
thereby either reducing coolant-flow requirements or increasing the
stress-ratio factor according to the particular needs. In order to pro-
vide a basis for evaluating bleed aftercooling and refrigeration, calcu- -
lations were made for the combat Mach number and sltitude to determine
the influence of the coolant-supply temperature on the coolant-flow ratio
at a given stress-ratio factor and to determine the influence of the .
coolant-supply temperature on the stress-ratio fasctor at a given coolant-
flow ratio.

Influence of coolant temperature on coolant-flow ratio and stress-
ratio factor. - The varliation of required coolant-flow ratio with inlet
cooling-alr temperature at the blade base 1is given in flgure 9(&) For
a constant design stress-ratio factor of 1.9 at combat Mach number and
altitude, the required coolant-flow ratio decreases from 0.0245 at 664° F
inlet coolant temperature to 0.0126 st 100° F inlet coolant temperature.
The difference in engine performance between these two extremes of
coolant-flow ratio would be negligible In an afterburning engine, and the
gain in thrust of the lower cooclant flow would only be on the order of
1 percent for a nonafterburning engine. OFf greater significance is the
rise in coolant~-flow ratioc as the alr temperature exceeds the design
value of 664° F for the simple air -cooling system with compressor-outlet
bleed. An increase of only 100° F in compressor-outlet-bleed tempera-
ture as a result of atmospheric variations or off-Jdesign £light conditions
would result in almost a 25-percent increase in coolant-flow ratioc to
maintain a constant stress-ratlo factor of 1.9. This trend is also shown
in figure 9(b), which gives the stress-ratio-factor varistion with
coolant Inlet temperature for the same conditions as the previous figure
except that the coolant flow 1s held constant at the design value of
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0.0245 for the basic turbine. The curve shows that increases in coolant
temperature can reduce the stress-ratlo factor to values which mey be

too low for relisble operation. Figure 9(b) also indlcates the influence
of coolant temperature reduction on stress-ratio factor. A reduction in
temperature of 200° F incresses the stress-ratio factor to almost 2.2

and provides a greater margin of safety over the design value of 1.9.

As shown on figure 8, an increase in coolant-flow ratio to approximately
0.035 would be required to obtain s similar stress-ratio factor with
compressor-outlet-bleed alr. The additional loss in thrust for & non-
afterburning engine using outlet bleed wlth a design stress-ratio factor
of 2.2, relative to the same stress-ratio factor with refrigerated
cooling air, is about 1 percent for the conditions cited. Thus, bleed
refrigeration offers an alternate method of increasing the design stress-
ratio factor without losses associated with higher coolant-flow ratio.
The main purpose of bleed refrigeration is not to reduce required
coolant-flow ratio for a glven minimum design stress-ratio factor, but to
increase the margin of safety and provide for off-design operating con-~
ditions that might otherwise affect the rellabllity of the turbine.

Water-injectlon system. - The simplest method of bleed aftercoocling
is the injection of water to reduce the coolant temperature to saturation

conditions immediately ahead of the point of introduction into the rotor.

Since the water inJjected for this purpose is lost overboard in the
exhaust, application of this system ls dependent upon flight duretion.
Analysis of water injection for the flight end operating conditions given
in teble IT was made and the results are summarized in tdble IV. The
final cooling-air temperature varles somewhat according to the tempera-
ture and pressure at compressor outlet, but a coolant-supply temperature
to the rotor of 166° F was obtained at combst Mach number end altitude.
It was assumed that the coolant-flow ratio could be reduced to 0.014 at
this ailr temperature, and the water-to-air ratio for this condition was
0.097. In order to determine the total weight of water required for the
mission, the average water rates during the accelerstion and climb phases
of the flight were evaluated. The water rate at combat conditions was
constant. As shown in teble IV, the totel weight of water required for
the flight was 93.3 pounds per engine. This method of coolant-bleed
refrigeration sppears promising for missile-engine gpplication where
mechanical simplicity in both the bturbine rotor and the ailr-supply system
would be desirsble.

Bleed-aftercooling system. - A number of alternate bleed refrigera-
tion systems having equgl or greater cooling effectlveness compared with
that of water injection are availeble, but further incresse in complica-
tlon 1s encountered in meking the system an integral part of the engine.
The next step that can be gpplied in afterburning engines is to reject
heat to the afterburner fuel in a bleed aftercooler. Aftercooler design
conditions for a 0O.5-square-foot tubular heat exchanger used to obtain
the same temperature reduction as with water injection are given in
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teble V. The rate of heat rejection in this case is 108 Btu per second
as compared with 291 Btu per second for the fuel-cooled turbine (refer-
ence 1) so that the hest-rejection rates to the fuel and also to the
fuel tank for nonafterburning operation with bleed aftercooling are con-
siderably less than they are when thé entilre turbine-cooling load is
rejected to the afterburner fuel flow. In teble V, the maximum tempera-
ture rise of the fuel occurs at the combat Mach number and altitude,
which were selected as the design polnt for the aftercooler. At a given
operating point the afterburner fuel flow and the cooling-air weight
flow are fixed,and it is necessary to solve for the required core depth
in the aftercooler to meet the given heat-rejection rate. The operating
points of the 0.5-square-foot section are glven in figure 3 for the
values of table V. A l2-inch core depth wes found to be inadequate and
the characteristics given in the figure indicate that approximgtely an
18-inch core depth 1s required for this spplication. The required
cooling-alr temperature at the de51§n point was 166° F, the tempersature
rise of the afterburner fuel was 98~ F, and the estimated pressure drop
through the core section was spproximastely 4 inches of water because of
the high pressure and density with the compressor-outlet air. The main
purpose of the analysis was to obtain a welght comparison between water
inJection and bleed aftercooling since the short duration of the mission
appeared to permit spplication of water injection. The estimated weight
of the bleed aftercooler filled with fuel was 78 pounds, indicating a
considerable difference in weight as compared with the water injection
system which required 93 pounds of watexr plus the tank weight.

Camparison of the two flight speeds considered at an altitude of
35,000 feet 1n tdble V indicates that performence of the bleed after-
cooler becomes more critical as flight Mach number i1s increased hecause
of the higher coolant temperature reduction desired. With a given core
size, the coolant-supply temperature to the turbine would lncrease even-
tuelly as flight Mach number increased in spite of the stable tempersture
of the heat-rejection medium. The extent to which engine operation would
be limited by this effect at high £light Mach nurber was not determined
although & considerdble margin appears availeble in the O S5-square-foot
section used in table V.

Air-bleed expansion refrigeration systems. - In all cases considered
in this analysis, the cooling air 1s taken at compressor-outlet condi-

tions end, since the supply pressure required at the point of introduction

of the cooling air Into the turbine rotor is lower than the compressor-
outlet pressure, the possibility exists of operating an expansion refrig-
eration cycle between these points. A distinction is drawn between two
modifications of the refrigeration cycle depending upon how the expansion
turbine is loaded. In the open cycle, illustrated in figure Z(b), the
turbine is loaded by an aircraft or engine accessory such as the after-
burner fuel pump, and the work of expansion leaves the system. In the
closed cycle, illustrated in figure 2(c), the expansion turbine is loaded
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by an suxiliary compressor that is in series with the aftercooler and
expansion turbine, and the work of expansion is ultimately rejected as
heat in the bleed aftercooler. The thermodynamic cycle of the open and
closed systems 1s indicated in flgure 10. The characteristlics of the two
systems at combat Mach number and altitude are given in figure 11, In
which cooling-alr-supply temperature 1s plotted against aftercooler-
outlet temperature. The 45° line indicates the cooling-air-supply tem-
perature without use of an expansion turblne; that 1s, air is taken
directly from the compressor outlet or it is cooled below the compressor-
outlet temperature in an aftercooler. The curve lsbeled "Expension
through auxilisry turbine” gives the possible operating polnts of the
open system in which a fixed pressure ratio 1s available for the expan-
sion turbine at any glven operating condition. For the basic engine,

the cooling-alr-supply temperature cen be varied from 440° F with no
eftercooling to 50° F for the 166° F aftercooler-outlet temperature given
in the preceding example. The temperature reduction of the open system
is limited by the pressure ratio avallsble so that loading of the turbine
becomes a problem because of the large variation in output as flight con-
ditions vary. Perhaps the only sultable auxiliary would be the after-
burner fuel pump because its power requirements very in a similar manner
to the turbine-cooling requirements. The results in figure 11 show the
menner in which expansion refrigeration extends the Mach number capsbility
of an gir-cooling system. Even with no aftercooling at combat Mech num-
ber and altitude, a reduction in cooling-sir-supply temperature to 440° F
is possible and, 1f the compressor-outlet temperature increased to 800° F
at higher Mach number, the coolant-supply temperature could be reduced to
600° F with no aftercooling, in which case the margin of safety of the
turbine would be no less than the nonrefrigerated air-cooling system at
the lower design-~point flight Mach number.

The lower curve in figure 11 glves the performance of the closed
cycle under the same conditions. The advantage of the closed cycle is
small at very low aftercooler-outlet temperatures, but it can be seen
that the amount of aftercooling required to achieve a given cooling-air-
supply temperature is considerably less with the closed cyecle over most
of the range considered. This circumstance, in conjunction with the
higher pressures following precompression, would probably result in a
smaller aftercooler and thereby offset part of the weight of the gux-
iliary compressor.. The outstanding difference between open and closed
cycles occurs at high aftercooler-outlet temperatures, for example, at
500° F where an additional temperature reduction of 140° F 1is possible.

Regenerative air-bleed expansion refrigeration system. - The regen-
erative bleed expension refrigeration system evolves from the closed
cycle of the preceding discussion end is represented by that portion of
the lower curve in figure 11 to the right of a 604° F aftercooler-outlet
temperature. The thermodynamlc cycle of the regenerative system is
indicated in figure 10(ec). The characteristic of the system is such that,

e :iwi.-ﬁ -
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if the aftercooler is relocated in the main-engine working f£fluid at
compressor-outlet conditions and the cooling air reduced to within 50° F

of engine compressor-outlet tempereture following precompression in the
auxiliary compressor, the final coolant-supply temperature to the turbine
rotor can be reduced by 314° F to a value of 290° F. Thus, the expansion
system can be made completely independent of an auxiliary system such as
the afterburner fuel system and is sulteble_for nonafterburning engines.
The flight Mach number capebility of the regenerative system appears
good, and the curve in figure 11 indicates that at a compressor-outlet
temperature of 802° F at the maximum level flight Mech number of 2.5 &
turbipe-coolant-supply temperature of 354° F can be maintained. Thus,
with the regenerative system, & given margin of safety can be retained in
spite of increased flight Mach nunber and other off-design operating
conditions. A weight estimate for the components of the expansion refrig-
eration systems was not determined, but similar equipment is currently
under intensive development for alrcraft applications.

COMPARTISON OF TURBINE ATR- AND LIQUID~-COOLING SYSTEMS

An analysis of turbine liquid-cooling systems is presented in refer-
ence 1 for ldentical turbine design and operating conditions and is used
a8 & basis for comparison with the ailr-cooling systems considered in this
report. The combined results of the two reports therefore permlt direct
comparison of air and liquid systems on the basis of the most desirable
characteristics for a given heat-rejection medium, either ram air, after-
burner fuel, or main-engine working fluid.

The simple nonrefrigerated air-cooling system considered in this
report was found to be adequate for all conditions, although the coolant-
flow-ratio requirements at supersonic speed almost doubled when the f£light
Mach number at 50,000 feet was increased from 1.8 to 2.5. This systen
appears to represent the least mechanical complication in installation
end 1s independent of heat-rejection problems encountered in other more
complex systems. A limitation that 1ls encountered, however, is that the
simple system 1s more sensitive to variations in coolant-supply tempera-
ture at high £light Mach number end generslly has a lower margin of
safety than can be provided in other systems. Since compressor-bleed air
is inherently less effective than liquids for turbine-blade cooling, the
only methods avallable for Improving the basically simple air-cooling
system are either to greatly increase the heat-transfer effectiveness
within the coolant pessage by means of extended surface or other devices,
or to provide speclel methods for reducing the cooling-air-supply temper-
ature to the blade. Bleed aftercooling with ram air is a possible method,
but introduces almost the same external complication in ducting and aux-
iliary apparatus as the liquid-cooled turbine with ram radlstor. ’

The water-cooling system with heat rejectlion to ram air in a radiator
duct, investigated in reference 1, is limited by a considerable welght
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penalty and the possibllity of severe drag losses at off-design radistor
operating conditions, although a satisfactory radiator design appears
practical at combat conditions. The ability of the water-cooling system
to accommodate the maximum level flight Mach number of the alrcraft was
inadequate becasuse of heat-rejection consideration in the radiator at
high ram temperature and resultant excessive pressures in the systen.
The over-all sultaebility of the water-cooling system was further limited
by vulnerability, the undesirable influence on aircraft configuration
resulting from large radiator frontal area, and instellation complexity
of the radiator, pumps, plumbilng, and radiator ducting which are external
to the maln engine and therefore influence the sircraft design to a con-
sidergble extent.

For afterburning engines, an alternate possibility 1is the fuel-
cooling system considered in reference 1, although a serious limitation
exists if provislon must be made for periods of nonafterburning operation
during cruising portions of the flight. The design, installation, and -
mechanical problems of the fuel-cooling system are relatively simple,
and weight and performance penaslties appear to be negligible. The tem-
perature of the heat-rejJection medium in this case is steble and the
system 1s therefore insensitive to high flight Mach number. The fuel-
cooling system can be applied in the supersonic Interceptor with limited
flexibility of operation, although provision must be made for pressuriza-
tion of the fuel tanks to avoid evaporation losses during portions of
the flight where heat is rejected temporarily to the tanks. The system
is therefore limited In interceptor-aircraft epplication because of the
undesirgble influence of tank pressurization on sircraft configuration,
fuel-tank design and Installation problems, and incressed vulnersbility
of the pressurized fuel tanks. An additionel uncertain limitation is the
chemical stability of the fuel under the conditions imposed in a turbine-
cooling system, but the fuel-cooling system otherwise appears desirable
and applicable for supersonic speed and high-agltitude Tlight.

Bleed refrigeration systems that permit reduced cocolant flow or
increased margin of safety of the air-cooling system at high flight Mach
number were considered. These systems used afterburner fuel as the heat-
rejection medium end were therefore subject to meny of the installation
and operating complexities of the fuel-cooled turbine if operation with
and without afterburning was required in the flight plan. Application of
aftercoolers using fuel as the heat-rejection medium to the air-cooling
system is a desiraeble alternate for the direct-fuel-cooling system. OFf
the systems investigated in this report and reference 1, all the air-
cooling systems and the direct-fuel-cooling system can sccommodate the
maximm level flight Mach number, but the air-cooling systems require
the least additional development and have a minimum of new febrication
problems in eny given engine since air cooling permits extension of a
fully developed turbine-rotor design to more severe operasting conditions
with revision only of the auxiliary components of the engine. The most

SO iy,
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promising application for turbine-cooling systems based on heat rejection
to the afterburner fuel is the gulded-missile engine at very high flight
Mach number and for missions In which the afterburner operstes contin-
uvously throughout the flight, thus avoiding heat rejection to the fuel
tanks.,

The regenerative liquid-cooling system appears promlsing for even-
tual application in the supersonic interceptor alrcraft and can reject
heat to the msin-engine working fluid at compressor outlet up to the
maximum level £light Mach nunmber. The principal problem in its epplica-
tion is selection of a sultgble fluld to operate within the desired tem-
perature and pressure limits and, under some conditions, a vapor refrig-
eration cycle operating off the main-engine turbine may be required.

The regenerative air-cooling system is based on well-developed con-
cepts in expansion refrigeration cycles except that heat rejection occurs
st the compressor outlet in the same manner as the liguid system. The
air-cooling system appears basically simpler then the liquid system for
regenerative cooling, and both turbine-rotor weight and the weight of
auxiliary parts of the system would probebly be less. The coolant
refrigeration capacity of the expansion system provides an adequate mar-
gin of safety for an air-cooled turbine up to a maximum level flight Mach
number of 2.5. Although both air and liquid regenerative cooling systems
are sulteble for the supersonic interceptor aircraft, it is believed that
the air-cooling system provides the least mechanicsl complication and
operating problems.

It was found thet acceptable f£light performance of the supersonic
interceptor aircraft assumed in this anslysis could be obtained with
improved engine designs having increased specific mass flow, turbine-
inlet temperature, and blade tip speed. The basic englne design specifi-
cations selected for the analysls resulted in turbine stresses and operat-
ing conditions that were beyond the capacity of\ the best uncooled high-
tempersture-alloy turbine-blade materials. Thus applicability of improved
turbojet engines at supersonic flight speed depends to a considersble
extent upon improved turbine-cooling systems such as those considered in
this anelysis. The comparison of alr- and liquid-cooling systems showed
that adequate cooling effectiveness could be achleved in spite of the
high ram and compressor-discharge temperatures encountered at supersonic
speed, and the ultimaete limits of air and liquid systems were not
encountered within the specified flight conditions of Mach number 2.5 and
altitude of 50,000 feet. ’ '

In conclusion, when the over-all plcture of research and application
is considered, the analysis indicates that, for the present, intensive
development of the simple air-cooling system should be continued because
1t is capable of operation st supersonic speed and high altitude, and
because such basic developments are directly appliceble in improved

| 8GLZ
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systems with bleed aftercooling. Since turbine-inlet temperature can not
be ralsed sufficiently for some time to avold necessity for afterburning
in interceptors and guided missliles, development would proceed in the
direction of bleed aftercooling systems and bleed-expansion refrigeration
systems based on heat rejection to the afterburner fuel. In this manner
a fully developed alr-cooled-turbine configuration suitgble for less-
severe operating conditions could be extended to higher flight Mach number
without basic changes. Also, for afterburning engines with moderate
increase in turbine-inlet temperature, the fuel-cooling system using
afterburner fuel is a promising development, particularly for very high
flight Mach number. As socon as parallel development of the stationary
parts of the turbojet englne permits operation at sufficiently high gas
temperature so that afterburning csn be avoided, application of the
regenerative air- and liquid-cooling systems may be required because of
ingufficient fuel flows for adequate bleed aftercooling or direct liquid
cooling. Promising systems for long-range future development and appli-
cation therefore appear to be the regenerative alr and liquid systems
vhich avoid any influence on other sircraft installations and systeus,
are gpplicgble with nonafterburning engines as well as afterburning
engines, and appear capable of operation over the desired range of
flight conditions without limitations on cruising endurance or other
aircraft operational conditlons.

RESULTS AND CONCLUSIONS

The results of an investigation conducted to evaluate the effects
of high-egltitude supersonic flight on the effectiveness of turbine air-
and liquid-cooling systems are as follows:

1. The coolant-flow requirements for turbine-rotor blades can vary
as much as 40 percent by variations in the number and size of turbine
blades that are designed for a specified work output. A small number of
large blades requlred less coolant that a large number of small blades at
the same solidity.

2. A simple nonrefrigerated gir-cooling system was found to be ade-
quate for turbine~rotor blade cooling at all conditions consildered,
elthough the required coolant-flow retio doubled from £light Mach number
of 1.8 to £flight Mach number of 2.5. PFurther development of the simple
air-cooling system is desirable and also directly applicsble to improved
systems with bleed aftercoollng or refrigeration.

3. Air-cooling systems with bleed aftercooling or refrigeration
based on hest rejection to afterburner fuel provide & greater margin of
safety then the simple nonrefrigersated systems, extend operation to
higher permissible flight Mach number without basic change in the engine,
and provide the least mechanical compllication and operating problems.

T e
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4. The most desirable alternate choice for supersonic interceptor
and guided-missile engines is the liguid-cooling system based on heat
rejJection to the afterburner fuel, particularly for very high flight Mach
nunber provided thet limitations can be placed on the required crulsing
endurance. Of the liquid-cooling systems comsidered, this system has the
least weight and performence penslties and is relatively simple to

install. _ — — o

5. The most promlsing appllications for turbine air- and liguid-
cooling systems based on heat rejection to the afterburner fuel are for
missions in which the afterburner operates continuously throughout the
flight, thus avolding heat rejection to the main fuel tanks.

6. Regenerative alr- and ligquid-cooling systems rejecting heat to
compressor-outlet alr can be provided for nonafterburning engines where
fuel flowe may be insufficient for adequete bleed refrigeration or
direct-fuel cooling.

7. The regenerative sir-bleed expansion refrigerstion system is s
promising long-range development capseble of operation over the deslred
range of flight conditions without influencé on other aircraft installa-
tions and systems.

8. Applicability of turbojet engines at supersonic flight speed
depends to a considereble extent upon improved turbine-cooling systems to
permit increased turbine-iniet temperature, specific mess flow, and blade
tip speed; and the analytical comparison of appliceble systems showed
that the wltimate limits of alr- and liguild~cooling systems were not
encountered for £light Mach number to 2.5 at altltudes to 50,000 feet.

Lewis Flight Propulsion Laboratory
National Advisory Committee for Aeronautics
Cleveland, Ohio
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APPENDIX - SYMBOLS

The following symbols were used in this report:
A cross-sectlional area through blade coolant passage, sq ft
b blade height or span, ft
cp specific heat of gas at constant pressure, Btu/(1b)(CF)
specific heat of gas at constent volume, Btu/(1b)(OF)
D hydraulic diemeter of blade cooclant passage, Tt
g acceleration due to gravity, 32.17 ft/sec?

H average heat-transfer coefficient, Btu/(sec){sq £t)(°F) unless
otherwise specifiled

H. average effective inside heat-transfer coefficient, Btu/(sec)(sq ft)
(°F) unless otherwise specified

h' absolute stagnation enthalpy, Btu/lb
k thermal conductivity, Btu/(sec)(sq f£t)(OF/ft)
1 blade-shell perimeter, £t

D absolute static pressure, 1b/sq ft

D' absolute stagnstion pressure, lb/sq £t
Re Reynolds number

T static temperature, R or OF

T' stagnation temperature, R or OF

w  weight flow of fluid, 1b/sec

X distance from blade base, ft

T ratio of specific heats, cp/cv

A difference

1 efficiency
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A Holo/Eply -
n absolute viscosity of fluid, (1b)(sec)/eq ft
p density of fluid, slugs/cu £t
s e/,
® temperature difference ratio, (Tg,e - TB)/(Tg,e - Ta,e,h) %
Subscripts: h
a cooling air ;
B blade (when used with fluild properties or in heat-transfer equetions,
subscript B indicates "based on average blade temperature at
critical section")
c auxiliary compressor B
e effective B
g combustion gas :
h blade base ) .
i inside blade surface
o ocutside blade surface B
t auxlliery turbine
o HACA sea-level air
1 engine compressor inlet .
2 engine compressor outlet
3 auxilisry compressor inlet
4 auxiliery compressor outlet
S aftercooler inlet
6 aftercooler outlet —
7 auxiliary turbine inlet
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8

9

auxiliary turbine outlet

turbine inlet
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TABLE I - SUMMARY OF CONDITIONS AND ASSUMPTIONS

Flight conditions

Mach number range 0 - 2.5
Altitude range, ft 0 - 50,000
Combat conditlons
Altitude, £t 50,000
Mach number 1.8
Maneuverability, g - 2
Loiter conditions
Altitude, £ 35,000
Mgch number 0.8
Basic engine specification
Sea-level specific mass flow, lb/(sec)(sq £t) 23.6
Turbine-iniet temperature, OF 2040
Effective gas temperature, OF 1760
Sea-level compressor pressure ratio 6
Afterburning temperature, OF 3040
Aircraft specifications
Gross weight, 1b 28,000
Structure-to-gross-weight ratio 0.3
Pay load, 1b 3,000
Unaugmented specific engine weight, lb/lb thrust 0.28
Turbine specificatilons
Tip speed, ft/sec 1,500
Tip diameter, in. 35.1
Hub-tip ratio 0.732
Blade material : S-816
Stress-ratio factor 1.9
Blade critical section 1/3 span
Blade cross~section-area ratio, tip to root 0.5
Blade chord, in. 2.27
Blade solidity ' 1.366
Blade span, in. 4.72
Number of blades ' ' ' 58

Assumptions in air-cooling systems
Temperature rise of cooling air from rotor hub to blade

base, OF 60
Aftercooler fuel-inlet temperature for comparison with

water-injection cooling, ©F 50
Auxilisry compressor and turbine efficiency used in

expansion refrigeration system 0.85

-
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TABLE IT - ENGINE OPERATING CONDITIONS

—

Altitude, T G 35,000 50,000
Flight Mach number 0 0.8 0.8 1.8 1.8 | 2.5
Compressor pressure ratlo 6.0 5.2{ 7.0 4.6 | 4.6 | 2.8
Compresaor efficiency 0.805 | 0.821 |0.780 | 0.831 P.831 0.704
Compreseor-outlet temperature, OF 484 547 | 405 604 | 604 | BOZ
Compressor weight f:Lm}, 1b/sec 158.0 | 199.3 | 58.6 | 189.7 |72.4 |82.7
Turbine-inlet tempersture, OF 2040 2040 | 2040 2040 12040 | 2040 |-
Afterburner tempersture, OF 3040 3040 | 3040 3040 | 3040 | 3040
Ram temperature, OF 59 126 | -17 186 | 186 | 423
Primary-burner fuel flow, lb/sec 4.06 4,92 | 1.58 4,53 |1.73 | 1.73
Afterburner fuel flow, lb/asec 4.88 | 6.0¢ [1.80 | 5.50 [2.21 {2.46
Turbine efficiency .83 .83 .83 .83 .83 .83
Turbine pressure ratio 2.14 2.17 | 2.14 2.14 |2.14 }2.05
Specific fuel consumption, 1b/lb-hy 2.11 | 2.48 |2.14 | 2.09 |2.14 |2.40
Thrust, 1b 5,283 |15,950 | 5665 |17,706 |6793 |6289

85.2 _

¥

- el RO

OEresSH Wd ViINKN




8GL2

TABLE III - HEAT-TRANSFER CHARACTERISTICS OF SYSTEMS USING NORREFRIGERATED CQOLING

ATR BLED FROM COMPRESSCR QUTLET

Moo e o . U i s e s L
(Turbine-iniet tempersture, 2040° F; stress-ratio factor, 1.9; blade meterial,

S-816; allowable blade metal temperature at one-third span, 12100 Fj]

Altitude, ft 0 35,000 50,000
Flight Mach number e C.5 0.8 1.8 1.8 2.5
Coollng-air tempefaxure at blede base, CF 544 807 465 664 664 862
Average outside heat-transfer coefficlent,

Btu/(hr)(sq £t)(CF) 195.8 | 228.1 | 100..0 | 232.6 | 116.5! 127.5
Required coolant-flow ratio 0.0182 | 0,0208 {0.0190 | 0.0238 | 0.0245{ 0.0425
Hegt-transfer rate to cooling air, Btu/sec 309.5 | 361.0 | 160.0 | 367.5 | 1B4.5) 201.5
Ratio of heat transfer to turbine work ¢/ | 0.0187 | 0.0176 |0.0268 | 0.0189 [0.0249| 0,0256
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TABIE IV - HEAT-TRANGFER CHARACTERISTICS OF A SYSTEM USING VAPORIZING WATFR

SPRAY TO REFRIGERATE COOLING AIR

Altitude ) Flight | Compressor- | Compressor- | Flnsl cooling-| Waber- | Cooling-air | Duration of | Welght of
(£t) Mach outlet outlet alr sature- to-air | weight flow ) each phase | vater
number | Lewpera- Pressure tion tempersa- | ratio | for a of £1ight required
ture - (1b/sq in.) {ture coolant - plan (1b)
(°F) (oF) flow ratio (sec)
of 0.014
0 0 484 -88.2 184 0.066 2.21 10.5 1.53
?ccelerate to £light Mach number of 0.8 22.6 3.95
f 0 0.8 547 111.1 202 0.074 2.78
E_Climb to 35,000 £t at £light Mach number of 0.8 75.9 9.00
E 35,000 0.8 405 35.1 14 0.058 0.82
Accelerate to £flight Mach number of 1.8 at 35,000 ft 85.3 11.00
35,000 1.8 604 B82.6 185 0.080 2,66
Climb to 50,000 £t at fllght Mach mumber of 1.8 22.9 3.92
50,000 1.8 64 40.4 186 0.097 1.01
Availeble combat time at 50,000 ft at flight Mach number of 1.8 851.0 63.90
Total weight of weter used per engine 93.30

85L2
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TABLE V - BLEED AFTERCOOLER DESIGN CCNDITICHNS FOR HEAT REJECTION

TO AFTERBURNER FUEL

[Core frontal area, 0.5 sq ft; afterburner fuel-inlet

temperature, 50° F; coolant-flow ratio, 0.014.]

v

Altitude, £t ) 35,000 {50,000
Flight Mach mumber 0 0.8 | 0.8 1.8 ] 1.8
Afterburner fuel flow, lb/sec 4.88 | 6.04|1.80 |5.50 | 2.21
Engine compressor weight flow, l‘b/sec 158.0 [199.3 | 58.6 |189.7 | 72.4
Cocling-alr welght flow, 1lb/sec 2.21 | 2,78 |0.82 |2.66 | 1.01
Compressor-outlet tempersture, OF 484 | 547 | 405 | 604 | 604
Desired cooling-sir tempersture reduction, OF 300 | 345 | 264 | 409 | 430
Final cooling-air tempersture, OF 184 202 | 141 | 195 | 166
Rate of heat exchange, Btu/sec 161 | 235 (52.6 [ 266 | 108
Temperature rise of afterburner fuel, OF 66 78 58 97 98
Heat-transfer rete per unlt frontsl core area of

heat exchanger, Btu/(sec)(aq £t) per 100° F AT 80 | 103| 32| 106 43
Cocling-air weight flow per unit frontal area

of heat exchanger, 1b/(sec)(sq ft) 4,42 | 5.56 | 1.64 |5.32 | 2.03
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Campressor | __ Burper | Turbine Afterburner
9
L
Throttle
T Bleed air

Figure 1. -~ Schematic diagrem of simple air-cooling system.
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Compressor Burner Turbin _ | Afterburner
2 .9
1

Bleed l\

air
Throttle

IAfterburner
fuel
| 5]
After- A
cooler -t Fuel tank
Fuel return line for i
nomfteer A
operation - :
(a) Aftercooler heat exchange to Ffuel.
Compressor Burner . Turbine _|Afterburner
2 9
1 '\
Bleed

air 8 _ -
! APterburner
" [muxillery fuel
7 turbine [
5 6 ‘

After-
cooler €

Fuel tank

Fuel return line foq
nonafterburn W
; operation-—— H

(v) Aftercooler heat exchange to fuel and expansion through
auxiliary turbine.

Figure 2. - Schematic diagrams of systems used to refrigerate
turbline-cooling zir bled from compressor.
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Compressor _ Burner — _|Pwrbin _| Afterburner
2
1 Bleed 2
air \
8
3
- = - Auxillar
Auxiliery Z turbine v
compressor
5] After- A
cooler
- Fuel tank Afterburner
fuel
Fuel return line for |
nonafterbu_fnﬂg/*
operation—o""" il

(e) Auxiliary compression, eftercooler heat exchange to afterburner fuel,
end expension through auxlliary turbine driving auxiliary compresgor.

Compresgor After- Burner Turbinel Afterburner
cooler
2 5 (&
1 / 9
Bleed \ g
air 8
3 7 . o .
Auxiliery ]\-Auxiliary : —
compressor turbine : _

(d) Regenerative air-cooling system with euxiliary compression, after-
cooler heat exchenge to engine compressor-outlet air, and expansion
through auxiliary turbine driving suxiliary compressor.

Figure 2. ~ Concluded. Schematic dlegrams of systems used to refrigerate
turbine~cooling air bled from compressor.
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Heat-transfer rate, Btu/(sec)(sq £t) per 100° F temperature difference
between mean coolant and entering-alr temperature
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Figure 3. - Performance characteristlics for 9- and 12-inch core

lengths of ethylene glycol radiators and calculated heat-

rejectlion rates for the aircraft aftercooler.
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Figure 4. - Cross-gectional view of air-cooled blade agsumed in
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Centrifugal stress, 1b/sq in.
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Figure 5. - Spanwlse distribution of turbine-blade centrifugal
stress for 0.5 ratio of tip cross-sectional areas to root eross-
sectlonal area. Blade material, S-816; hub-tlp ratio, 0.732;
blade span, 4.72 inches; tlp speed, 1500 feet per second.
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Average inside heat-transfer coefficient, Btu/(hr)(sq f£t)(°F)
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Figure 6. ~ Comparison of caleculated effective heat-transfer
coefficient with average convective heat-transfer coefficient
in air-cooled corrugated blade. Average blade temperature,
1210° F; average coolant temperature, 800° F.
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Relative coolent-Pflow ratio, percent; of reguired
coolant-flow ratio for basle engine
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Figure 7. - Variation of relative required coolant-£low ratio with number of
alr-cooled blades for two velues of solidity. Altitude, 50,000 feet;
Tlight Mach number, 1l.8; stress-ratio factor, 1.90; turbine-inlet tempera-
ture, 2040° F; blade material, S-816; cooling-eir inlet temperature at
blade base, 664° F; hub-tip ratio, 0.732; tip speed, 1500 feet per second.
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Required coolant-flow ratlo, wa/wg
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Figure 8. ~ Varlation of required coolant-flow ratio wilth stress-ratic factor
for alr-cooled blade. Altitude, 50,000 feet; flight Mach number, 1.8;
turbine-inlet temperature, 2040° ¥; blade material, $-816; cooling-air
inlet temperature at blade base, 664° F; solldity, 1-366; number of blades,
58; hub~tip ratio, 0.732; tip speed, 1500 feet per second.
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Figure 9. - Varistion of required coolant-flow ratio and stress-
ratic factor with inlet cooling-air temperature for the air-
cooled blade. Altitude, 50,000 feet; flight Mach number, 1.8;
turbine-inlet temperature, 2040° F; blade materisl, S-816;
solidity, 1.366; number of blades, 58; hub-tlp ratio, 0.732;
tip speed, 1500 feet per second.
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Temperature
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(a) Aftercooling end expansion in suxiliary turbine.
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(b) Auxiliary compression, aftercooling, and expansion in
auxiliary turbine.

Figure 10. - Temperature-entropy diagrams showing thermodynamic cycle
of systems for refrigerating cooling air.
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Figure 10. - Concluded. Temperature-entropy dlagrams showing
thermodynamic cycle of systems for refrigerating cooling

air.
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Figure 1l. - Comparison of methods for refrigerating blade cooling
alr bled from engine compressor. ' Altitude, 50,000 feet; flight
Mach number, 1.8; auxiliary compressor and turbine efficlencles,
0.85; final coolant pressure, 13.55 pounds per square inch
absolute; pressure drop through aftercooler neglected.
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